CHAPTER 2

Static Stability and Control

“Isn’t it astonishing that all these secrets have been preserved for so many
years just so that we could discover them!”

Orville Wright, June 7, 1903

2.1
HISTORICAL PERSPECTIVE

By the start of the 20th century, the aeronautical community had solved many of
the technical problems necessary for achieving powered flight of a heavier-than-air
aircraft. One problem still beyond the grasp of these early investigators was a lack
of understanding of the relationship between stability and control as well as the
influence of the pilot on the pilot-machine system. Most of the ideas regarding
stability and control came from experiments with uncontrolled hand-launched
gliders. Through such experiments, it was quickly discovered that for a successful
flight the glider had to be inherently stable. Earlier aviation pioneers such as Albert
Zahm in the United States, Alphonse Penaud in France, and Frederick Lanchester
in England contributed to the notion of stability. Zahm, however, was the first to
correctly outline the requirements for static stability in a paper he presented in
1893. In his paper, he analyzed the conditions necessary for obtaining a stable
equilibrium for an airplane descending at a constant speed. Figure 2.1 shows a
sketch of a glider from Zahm’s paper. Zahm concluded that the center of gravity
had to be in front of the aerodynamic force and the vehicle would require what he
referred to as “longitudinal dihedral” to have a stable equilibrium point. In the
terminology of today, he showed that, if the center of gravity was ahead of the wing
aerodynamic center, then one would need a reflexed airfoil to be stable at a positive
angle of attack.

In the 20 years prior to the Wright brothers’ successful flight, many individuals
in the United States and Europe were working with gliders and unpiloted powered
models. These investigators were constantly trying to improve their vehicles, with
the ultimate goal of achieving powered flight of a airplane under human control.
Three men who would leave lasting impressions on the Wright brothers were Otto
Lilienthal of Germany and Octave Chanute and Samuel Pierpont Langley of the
United States.
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FIGURE 2.1

Zahm'’s description of longitudinal stability.

Lilienthal made a significant contribution to acronautics by his work with
model and human-carrying gliders. His experiments included the determination of
the properties of curved or cambered wings. He carefully recorded the details of
over 2000 glider flights. The information in his journal includes data on materials,
construction techniques, handling characteristics of his gliders, and aerodynamics.
His successful flights and recorded data inspired and aided many other aviation
pioneers. Lilienthal’s glider designs were statically stable but had very little control
capability. For control, Lilienthal would shift his weight to maintain equilibrium
flight, much as hang-glider pilots do today. The lack of suitable control proved to
be a fatal flaw for Lilienthal. In 1896, he lost control of his glider; the glider stalled
and plunged to earth from an altitude of 50 ft. Lilienthal died a day later from the
injuries incurred in the accident.

In the United States, Octave Chanute became interested in gliding flight in
the mid 1890s. Initially, he built gliders patterned after Lilienthal’s designs. After
experimenting with modified versions of Lilienthal’s gliders, he developed his own
designs. His gliders incorporated biplane and multiplane wings, controls to adjust
the wings to maintain equilibrium, and a vertical tail for steering. These design
changes represented substantial improvements over Lilienthal’s monoplane glid-
ers. Many of Chanute’s innovations would be incorporated in the Wright brothers’
designs. In addition to corresponding with the Wright brothers, Chanute visited
their camp at Kitty Hawk to lend his experience and advice to their efforts.

Another individual who helped the Wright brothers was Samuel Pierpont
Langley, secretary of the Smithsonian Institution. The Wright brothers knew of
Langley’s work and wrote to the Smithsonian asking for the available aeronautical
literature. The Smithsonian informed the Wright brothers of the activities of many
of the leading aviation pioneers and this information, no doubt, was very helpful
to them.

Around 1890 Langley became interested in problems of flight. Initially his
work consisted of coliecting and examining all the available aerodynamic data.
From the study of these data and his own experiments he concluded that heavier-
than-air powered flight was possible. Langley then turned his attention to designing
and perfecting unpiloted powered models. On May 6, 1896, his powered model
flew for 13 minutes and covered a distance of three-quarters of a mile. Langley’s
success with powered models pioneered the practicality of mechanical flight.
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After his successful model flights, Langley was engaged by the War Depart-
ment to develop a human-carrying airplane. Congress appropriated $50,000 for
the project. Langley and his engineering assistant, Charles Manley, started work
on their own design in 1899. For the next four years, they were busy designing,
fabricating, and testing the full-size airplane that was to be launched by a catapult
fixed to the top of a houseboat. The first trial was conducted on September 7, 1903,
in the middle of the Potomac River near Tidewater, Virginia. The first attempt
ended in failure as the airplane pitched down into the river at the end of the launch
rails. A second attempt was made on December 8, 1903; this time, the airplane
pitched up and fell back into the river. In both trials, the launching system pre-
vented the possibility of a successful flight. For Langley, it was a bitter disappoint-
ment and the criticism he received from the press deeply troubled him. He was one
of the pioneering geniuses of early aviation, however, and it is a shame that he went
to his grave still smarting from the ridicule. Some 20 years later his airplane was
modified, a new engine was installed, and the airplane flew successfully.

The time had come for someone to design a powered airplane capable of
carrying someone aloft. As we all know, the Wright brothers made their historic
first flight on a powered airplane at Kitty Hawk, North Carolina, on December 17,
1903. Orville Wright made the initial flight, which lasted only 12 seconds and
covered approximately 125 feet. Taking turns operating the aircraft, Orville and
Wilbur made three more flights that day. The final flight lasted 59 seconds and
covered a distance of 852 feet while flying into a 20 mph headwind. The airplane
tended to fly in a porpoising fashion, with each flight ending abruptly as the
vehicle’s landing skids struck tae ground. The Wright brothers found their powered
airplane to be much more responsive than their earlier gliders and, as a result, had
difficulty controlling their airplane.

Figure 2.2 shows two photographs of the Kitty Hawk Flyer. The first pho-
tograph shows Orville Wright making the historical initial flight and the second
shows the airplane after the fourth and last flight of the day. Notice the damaged
horizontal rudder (the term used by the Wright brothers). Today we use the term
canard to describe a forward control surface. The world canard comes to us from
the French word that means “duck.” The French used the term canard to describe
an early French airplane that had its horizontal tail located far forward of the wing.
They thought this airplane looked like a duck with its neck stretched out in flight.

From this very primitive beginning, we have witnessed a remarkable revolution
in aircraft development. In less than a century, airplanes have evolved into an
essential part of our national defense and commercial transportation system. The
success of the Wright brothers can be attributed to their step-by-step experimental
approach. After reviewing the experimental data of their contemporaries, the
Wright brothers were convinced that additional information was necessary before
a successful airplane could be designed. They embarked on an experimental pro-
gram that included wind-tunnel and flight-test experiments. The Wright brothers
designed and constructed a small wind tunnel and made thousands of model tests
to determine the aerodynamic characteristics of curved airfoils. They also con-
ducted thousands of glider experiments in developing their airplane. Through their
study of the works of others and their own experimental investigations, the Wright
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FIGURE 2.2

Photographs of the Wright brothers’ airplane, December 17, 1903, Kitty Hawk, North
Carolina.
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brothers were convinced that the major obstacle to achieving powered flight was
the lack of sufficient control. Therefore, much of their work was directed toward
improving the control capabilities of their gliders. They felt strongly that powerful
controls were essential for the pilot to maintain equilibrium and prevent accidents
such as the ones that caused the deaths of Lilienthal and other glider enthusiasts.

This approach represented a radical break with the design philosophy of the
day. The gliders and airplanes designed by Lilenthal, Chanute, Langley, and other
aviation pioneers were designed to be inherently stable. In these designs, the pilot’s
only function was to steer the vehicle. Although such vehicles were statically stable,
they lacked maneuverability and were susceptible to upset by atmospheric distur-
bances. The Wright brothers’ airplane was statically unstable but quite maneuver-
able. The lack of stability made their work as pilots very difficult. However,
through their glider experiments they were able to teach themselves to fly their
unstable airplane.

The Wright brothers succeeded where others failed because of their dedicated
scientific and engineering efforts. Their accomplishments were the foundation on
which others could build. Some of the major accomplishments follow:

1. They designed and built a wind-tunnel and balance system to conduct aerody-
namic tests. With their tunnel they developed a systematic airfoil aerodynamic
database.

2. They developed a complete flight control system with adequate control capa-
bility.

3. They designed a lightweight engine and an efficient propeller.

4. Finally, they designed an airplane with a sufficient strength-to-weight ratio,
capable of sustaining powered flight.

These early pioneers provided much of the understanding we have today regarding
static stability, maneuverability, and control. However, it is not clear whether any
of these men truly comprehended the relationship among these topics.

2.2
INTRODUCTION

How well an airplane flies and how easily it can be controlled are subjects studied
in aircraft stability and control. By stability we mean the tendency of the airplane
to return to its equilibrium position after it has been disturbed. The disturbance may
be generated by the pilot’s actions or atmospheric phenomena. The atmospheric
disturbances can be wind gusts, wind gradients, or turbulent air. An airplane must
have sufficient stability that the pilot does not become fatigued by constantly
having to control the airplane owing to external disturbances. Although airplanes
with little or no inherent aerodynamic stability can be flown, they are unsafe to fly
unless they are provided artificial stability by an electromechanical device called
a stability augmentation system.

Two conditions are necessary for an airplane to fly its mission successfully. The
airplane must be able to achieve equilibrium flight and it must have the capability
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to maneuver for a wide range of flight velocities and altitudes. To achieve equi-
librium or perform maneuvers, the airplane must be equipped with aerodynamic
and propulsive controls. The design and performance of conirol systems is an
integral part of airplane stability and control.

The stability and control characteristics of an airplane are referred to as the
vehicle’s handling or flying qualities. It is important to the pilot that the airplane
possesses satisfactory handling qualities. Airplanes with poor handling qualities
will be difficult to fly and could be dangerous. Pilots form their opinions of an
airplane on the basis of its handling characteristics. An airplane will be considered
of poor design if it is difficult to handle regardless of how outstanding the airplane’s
performance might be. In the study of airplane stability and control, we are
interested in what makes an airplane stable, how to design the control systems, and
what conditions are necessary for good handling. In the following sections we will
discuss each of these topics from the point of view of how they influence the design
of the airplane.

2.2.1 Static Stability

Stability is a property of an equilibrium state. To discuss stability we must first
define what is meant by equilibrium. If an airplane is to remain in steady uniform
flight, the resultant force as well as the resultant moment about the center of gravity
must both be equal to 0. An airplane satisfying this requirement is said to be in a
state of equilibrium or flying at a trim condition. On the other hand, if the forces

FIGURE 2.3
Sketches illustrating various conditions of static
stability.

(b) Statically unstable

{c} Neutral stability
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and moments do not sum to 0, the airplane will be subjected to translational and
rotational accelerations.

The subject of airplane stability is generally divided into static and dynamic
stability. Static stability is the initial tendency of the vehicle to return to its equi-
librium state after a disturbance. An example of the various types of static stability
is illustrated in Figure 2.3. If the ball were to be displaced from the bottom of the
curved surface (Figure 2.3(a)), by virtue of the gravitational attraction, the ball
would roll back to the bottom (i.e., the force and moment would tend to restore the
ball to its equilibrium point). Such a situation would be referred to as a stable
equilibrium point. On the other hand, if we were able to balance a ball on the
curved surface shown in Figure 2.3(b), then any displacement from the equilibrium
point would cause the ball to roll off the surface. In this case, the equilibrium point
would be classified as unstable. In the last example, shown in Figure 2.3(c), the ball
is placed on a flat surface. Now, if the wall were to be displaced from its initial
equilibrium point to another position, the ball would remain at the new position.
This would be classified as a neutrally stable equilibrium point and represents the
limiting (or boundary) between static stability and static instability. The important
point in this simple example is that, if we are to have a stable equilibrium point, the
vehicle must develop a restoring force or moment to bring it back to the equilibrium
condition.

2.2.2 Dynamic Stability

In the study of dynamic stability we are concerned with the time history of the
motion of the vehicle after it is disturbed from its equilibrium point. Figure 2.4
shows several airplane motions that could occur if the airplane were disturbed from
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its equilibrium conditions. Note that the vehicle can be statically stable but dynam-
ically unstable. Static stability, therefore, does not guarantee dynamic stability.
However, for the vehicle to be dynamically stable it must be statically stable.

The reduction of the disturbance with time indicates that there is resistance
to the motion and, therefore, energy is being dissipated. The dissipation of energy
is called positive damping. If energy is being added to the system, then we have
a negative damping. Positive damping for an airplane is provided by forces and
moments that arise owing to the airplane’s motion. In positive damping, these
forces and moments will oppose the motion of the airplane and cause the distur-
bance to damp out with time. An airplane that has negative aerodynamic damping
will be dynamically unstable. To fly such an airplane, artificial damping must be
designed into the vehicle. The artificial damping is provided by a stability augmen-
tation system (SAS). Basically, a stability angmentation system is an electrome-
chanical device that senses the undesirable motion and moves the appropriate
controls to damp out the motion. This usually is accomplished with small control
movements and, therefore, the pilot’s control actions are not influenced by the
system.

Of particular interest to the pilot and designer is the degree of dynamic stabil-
ity. Dynamic stability usually is specified by the time it takes a disturbance to
be damped to half of its initial amplitude or, in the case of an unstable motion, the
time it takes for the initial amplitude of the disturbance to double. In the case of
an oscillatory motion, the frequency and period of the motion are extremely im-
portant.

So far, we have been discussing the response of an airplane to external distur-
bances while the controls are held fixed. When we add the pilot to the system,
additional complications can arise. For example, an airplane that is dynamically
stable to external disturbances with the controls fixed can become unstable by the
pilot’s control actions. If the pilot attempts to correct for a disturbance and that
control input is out of phase with the oscillatory motion of the airplane, the control
actions would increase the motion rather than correct it. This type of pilot-vehicle
response is called pilot-induced oscillation (PIO). Many factors contribute to the
PIO tendency of an airplane. A few of the major contributions are insufficient aero-
dynamic damping, insufficient control system damping, and pilot reaction time.

2.3
STATIC STABILITY AND CONTROL

2.3.1 Definition of Longitudinal Static Stability

In the first example we showed that to have static stability we need to develop a
restoring moment on the ball when it is displaced from its equilibrium point. The
same requirement exists for an airplane. Let us consider the two airplanes and their
respective pitching moment curves shown in Figure 2.5. The pitching moment
curves have been assumed to be linear until the wing is close to stalling.
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FIGURE 2.5
Pitching moment coefficient versus angle of attack.

In Figure 2.5, both airplanes are flying at the trim point denoted by B; that is,
G, = 0. Suppose the airplanes suddenly encounter an upward gust such that the
angle of attack is increased to point C. At the angle of attack denoted by C, airplane
1 would develop a negative (nose-down) pitching moment that would tend to rotate
the airplane back toward its equilibrium point. However, for the same disturbance,
airplane 2 would develop a positive (nose-up) pitching moment that would tend to
rotate the aircraft away from the equilibrium point. If we were to encounter a
disturbance that reduced the angle of attack, say, to point A, we would find that
airplane 1 would develop a nose-up moment that would rotate the aircraft
back toward the equilibrium point. On the other hand, airplane 2 would develop a
nose-down moment that would rotate the aircraft away from the equilibrium point.
On the basis of this simple analysis, we can conclude that to have static longitudinal
stability the aircraft pitching moment curve must have a negative slope. That is,

dC,

< .
<0 (2.1)

through the equilibrium point.

Another point that we must make is illustrated in Figure 2.6. Here we see two
pitching moment curves, both of which satisfy the condition for static stability.
However, only curve 1 can be trimmed at a positive angle of attack. Therefore, in
addition to having static stability, we also must have a positive intercept, that is,
C,. > 0 to trim at positive angles of attack. Although we developed the criterion
for static stability from the C,, versus « curve, we just as easily could have accom-
plished the result by working with a C,, versus C, curve. In this case, the require-
ment for static stability would be as follows:

dc,

— < 2.
ac, 0 (2.2)
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Crn FIGURE 2.6
Flow field around an airplane
created by the wing.

The two conditions are related by the following expression:

¢ _ 4G, _dC,dC,

" da  dC, da (2.3)

which shows that the derivatives differ only by the slope of the lift curve.

2.3.2 Contribution of Aircraft Components

In discussing the requirements for static stability, we so far have considered only
the total airplane pitching moment curve. However, it is of interest (particularly to
airplane designers) to know the contribution of the wing, fuselage, tail, propulsion
system, and the like, to the pitching moment and static stability characteristics of
the airplane. In the following sections, each of the components will be considered
separately. We will start by breaking down the airplane into its basic components,
such as the wing, fuselage, horizontal tail, and propulsion unit. Detailed methods
for estimating the aerodynamic stability coefficients can be found in the United
States Air Force Stability and Control Datcom [2.7]. The Datcom, short for data
compendium, is a collection of methods for estimating the basic stability and
control coefficients for flight regimes of subsonic, transonic, supersonic, and hy-
personic speeds. Methods are presented in a systematic body build-up fashion, for
example, wing alone, body alone, wing/body and wing/body/tail techniques. The
methods range from techniques based on simple expressions developed from theory
to correlations obtained from experimental data. In the following sections, as well
as in later chapters, we shall develop simple methods for computing the aerody-
namic stability and control coefficients. Our emphasis will be for the most part on
methods that can be derived from simple theoretical considerations. These meth-
ods in general are accurate for preliminary design purposes and show the relation-
ship between the stability coefficients and the geometric and aerodynamic charac-
teristics of the airplane. Furthermore, the methods generally are valid only for the
subsonic flight regime. A complete discussion of how to extend these methods to
higher-speed flight regimes is beyond the scope of this book and the reader is
referred to [2.7] for the high-speed methods.
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Wing contribution to the pitching moment.

2.3.3 Wing Contribution

The contribution of the wing to an airplane’s static stability can be examined with
the aid of Figure 2.7. In this sketch we have replaced the wing by its mean aero-
dynamic chord ¢. The distances from the wing leading edge to the aerodynamic
center and the center of gravity are denoted x,. and x.,, respectively. The vertical
displacement of the center of gravity is denoted by z,. The angle the wing chord
line makes with the fuselage reference line is denoted as i,.. This is the angle at
which the wing is mounted onto the fuselage.

If we sum the moments about the center of gravity, the following equation is
obtained:

>, Moments = M,

My = L, cos(a, — i,)[xq = xu] + D, sin(a, = i)[xe = Xucl 2.4)
+Lw Sin(aw - iw)[zcg] - Dw COS(aw - iw)[zcg] + Macw ‘
Dividing by 3pV2S¢ yields
c, =C, (@ - xta) cos(e, — i,) + Cp (x—ﬁg - @) sin(fer,, — 1,,)
8 "\ € c "\ ¢ c
(2.5)

) (zig)

Zeg) . .
+CLW(—£$— sin{er,, — i) — Cp, =

cos(er, — i,) + C,
Equation (2.5) can be simplified by assuming that the angle of attack is small. With
this assumption the following approximations can be made:

cos(a, — i,) = 1, sin(fer,, — i) = @, — i, C. > Cp

If we further assume that the vertical contribution is negligible, then Equation (2.5)
reduces to

C.. =Cu +C (x:& - xt) (2.6)
Y\ C C
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X ac
or C,, =Cn, +(C, +Cp, aw)(?g %) (2.7)
where C, = C,, + C,_a,. Applying the condition for static stability yields
Cuy = Cuy + Co (f_—g - ’%) (2.8)
w ac, oW\ 7 T
C.. =C (@ - %) (2.9)
w M\ C c

For a wing-alone design to be statically stable, Equation (2.9) tells us that the
aerodynamic center must lie aft of the center of gravity to make C,, < 0. Since we
also want to be able to trim the aircraft at a positive angle of attack the pitching
moment coefficient at zero angle of attack, C,, , must be greater than 0. A positive
pitching moment about the aerodynamic center can be achieved by using a nega-
tive-cambered airfoil section or an airfoil section that has a reflexed trailing
edge. For many airplanes, the center of gravity position is located slightly aft of
the aerodynamic center (see data in Appendix B). Also, the wing is normally
constructed of airfoil profiles having a positive camber. Therefore, the wing contri-
bution to static longitudinal stability is destabilizing for most conventional air-
planes.
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FIGURE 2.8
Flow field around an airplane created by the wing.
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2.3.4 Tail Contribution—Aft Tail

The horizontal tail surface can be located either forward or aft of the wing. When
the surface is located forward of the wing, the surface is called a canard. Both
surfaces are influenced by the flow field created by the wing. The canard surface is
affected by the upwash flow from the wing, whereas the aft tail is subjected to the
downwash flow. Figure 2.8 is a sketch of the flow field surrounding a lifting wing.
The wing flow field is due primarily to the bound and trailing vortices. The magni-
tude of the upwash or downwash depends on the location of the tail surface with
respect to the wing.

The contribution that a tail surface located aft of the wing makes to the
airplane’s lift and pitching moment can be developed with the aid of Figure 2.9. In
this sketch, the tail surface has been replaced by its mean aerodynamic chord. The
angle of attack at the tail can be expressed as

a=«, — i, — €+ (2.10)

where & and i, are the downwash and tail incidence angles, respectively. If we
assume small angles and neglect the drag contribution of the tail, the total lift of
the wing and tail can be expressed as

L=L,6+L, 2.11)
S
or ¢, =(C + nECL’ (2.12)
)
EPV, 0,
=== 2.
where n v T 0. (2.13)

The ratio of the dynamic pressures, called the tail efficiency, can have values in the
range 0.8—1.2. The magnitude of 7 depends on the location of the tail surface. If

e

FIGURE 2.9
Aft tail contribution to the pitching moment.
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the tail is located in the wake region of the wing or fuselage, 7 will be less than unity
because Q, < (Q,, due to the momentum loss in the wake. On the other hand, if the
tail is located in a region where Q, > (,,, then 1 will be greater than unity. Such
a situation could exist if the tail were located in either the slip stream of the
propeller or in the exhaust wake of a jet engine.

The pitching moment due to the tail can be obtained by summing the moments
about the center of gravity:

M, = _lt[Lt cos(agg, — €) + D, sin(agr, — 8)]

2.14
_ch,[Dr cos(apr,, — &) — L, sin(apg, — &)] + Muc‘ ( )

Usually only the first term of this equation is retained; the other terms generally are
small in comparison to the first term. If we again use the small-angle assumption
and that C, > Cp, then Equation (2.14) reduces to

l o)
M, = ~LL = ~1,C, pViS, (2.15)
M, 1S,
C, = ——t = — .
m T IViSE sz 1t (2.16)
or C,. = ~VunC,, (2.17)

where V, = [,S,/(S7) is called the horizontal tail volume ratio.
From Figure 2.9, the angle of attack of the tail is seen to be

o =a, — i, — &+ I (2.18)
The coefficient C; can be written as
C,=C a=0C (o —i,—&+1i) (2.19)

where C,_ is the slope of the tail lift curve. The downwash angle & can be expres-
sed as

g
— a, 2.20
a & (2.20)
where g, is the downwash at zero angle of attack.

The downwash behind a wing with an elliptic lift distribution can be derived
from finite-wing theory and shown to be related to the wing lift coefficient and
aspect ratio:

e = g +

_ 2, 2.21
£ TAR,, (2.21)

where the downwash angle is in radians. The rate of change of downwash angle
with angle of attack is determined by taking the derivative of Equation (2.21):

de 2CLu

o R (2.22)

where C,_ is per radian. The preceding expressions do not take into account the
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position of the tailplane relative to the wing; that is, its vertical and longitudinal
spacing. More accurate methods for estimating the downwash at the tailplane can
be found in [2.7]. An experimental technique for determining the downwash using
wind-tunnel force and moment measurements will be presented by way of a prob-
lem assignment at the end of this chapter.

Rewriting the tail contribution to the pitching moment yields

C”'cg = _VHnCL, (2.23)

C, =nVyC, (gy + i, — i) — nVuC, a(l - d_e) (2.24)
R % % da

Comparing Equation (2.24) with the linear expression for the pitching moment
given as

Cmcg =C, + C, 0 (2.25)
yields expressions for the intercept and slope:
C”‘() = nVH CLa (80 + i, — lt) (226)
de
C, = —mqVyC. |1 — — 2.27
o NVu La< da) ( )

Recall that earlier we showed that the wing contribution to C,,  was negative for an
airfoil having positive camber. The tail contribution to C,, can be used to ensure
that C,, for the complete airplane is positive. This can be accomplished by adjust-
ing the tail incidence angle i,. Note that we would want to mount the tail plane at
a negative angle of incidence to the fuselage reference line to increase C,, due to
the tail.

The tail contribution to the static stability of the airplane (C., < 0) can be
controlled by proper selection of V,, and C,_. The contribution of C . will become
more negative by increasing the tail moment arm /, or tail surface area S, and by
increasing C, . The tail lift curve slope C, can be increased most easily by
increasing the aspect ratio of the tail planform 'The designer can adjust any one of
these parameters to achieve the desired slope. As noted here, a tail surface located
aft of the wing can be used to ensure that the airplane has a positive C,, and a
negative C,,_

EXAMPLE PROBLEM 2.1. The wing-fuselage pitching moment characteristics of a
high-wing, single-engine, general aviation airplane follow, along with pertinent geo-
metric data:

Cp,,, = —0.05 — 0.0035a
where « is the fuselage reference line angle of attack in degrees and wf means wing-
fuselage
S, = 178 fi x/c = 0.1
b, = 359 ft AR, =173
¢, =5.0ft Cyp,., = 0.07/deg i, =20° C..., =026
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Estimate the horizontal tail area and tail incidence angle, i,, so that the complete
airplane has the following pitching moment characteristics (illustrated in Figure 2.10):

C = 0.15 — 0.025a

Mgy
where « is in degrees and wft is the wing-fuselage-horizontal tail contribution.
Assume the following with regard to the horizontal tail:

L =1475ft 7n=1
AR, = 485 C,., = 0.073/deg

Solution. The contribution of the horizontal tail to C,,, and C,,, can be calculated by
subtracting the wing-fuselage contribution from the wing-fuselage-horizontal tail con-
tribution, respectively:

C

mg,

=C

MOwst

0.15 — (—0.05) = 0.20
Cn. =Cn ~-C

¢ it Maye

—0.025 — (—0.0035) = — 0.0215/deg

- C

Mown

i

The horizontal tail area is found by determining the horizontal tail volume ratio
required to satisfy the required static stability that needs to be created by the tail.
Recall the C,, was developed earlier and is rewritten here:

de

Cy. = —nv,,CLa<1 - —)
7 t da

0.3
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~02 - \

-0.3 : . .
-10 0 10 20
Alpbha deg

FIGURE 2.10
Pitching moment characteristic for airplane in Example Problem 2.1.
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Solving this equation for the volume ratio yields

Crna,

de
"CLaI(l az)

The only quantity we do not know in this equation is the rate of change of the
downwash angle with respect to the angle of attack, de/da. However, this can be
estimated from the wing characteristics as follows:

Vg = —

d_8 _ ZCLaw
da  7AR,

Using the wing-fuselage C,_ , as an approximation to C;_ we can obtain an estimate
of de/da:

de _ 2(0.07/deg)(57.3 deg/rad)
da w(7.3)

de
da

=0.35

Substituting de/de and the other quantities into the expression for V; yields

_ (—0.0215/deg)
(1.0)(0.073/deg)(1 ~ 0.35)

= 0.453

VH=

The horizontal tail volume ratio is expressed as

LS,
Vy=—
Hsc
and solving for the horizontal tail area yields

_(0.453)(178 (5 f1)
B (14.75 fr)

= 27.3 ft?

S

This is the tail area needed to provide the required tail contribution to C,, . Next we can
determine the tail incidence angle, i,, from the requirement for C,,,ol. The equation for
C,,, due to the horizontal tail was shown to be

Cro, = VunCyp,, (i + & — i)

The tail incidence angle, i,, can be obtained by rearranging the preceding equation:

C
i, = —( v _iw_30>
VunC,,,

The only quantity that we do not know in this equation is g;; that is, the downwash
angle at the tail when the wing is at zero angle of attack. This can be estimated using
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the following expression:

206,
€ = 7AR,
2[0.26]
= ———= = (0.022 d
2[73] 0 6 ra
or g = 1.3°

Substituting &, and the other quantities into the expression for j, yields

Lo 0.20 o
" [(0-453)(1-0)(0.073/deg) 2.0 1-3]

= —2.7 deg.

The horizontal tail is mounted to the fuselage at a negative 2.7°.

In summary we have shown that the level of static stability can be controlled by
the designer by proper selection of the horizontal tail volume ratio. In practice the only
parameter making up the volume ratio that can be varied by the stability and control
designer is the horizontal tail surface area. The other parameters, such as the tail
moment arm, wing area, and mean wing chord, are determined by the fuselage and
wing requirements, which are related to the internal volume and performance speci-
fications of the airplane, respectively.

The horizontal tail incidence angle, i, is determined by trim angle of attack or lift
coefficient. For a given level of static stability, that is, slope of the pitching moment
curve, the trim angle depends on the moment coefficient at zero angle of attack, C,,.
The tail incidence angle, i,, can be adjusted to yield whatever C,,, is needed to achieve
the desired trim condition.

2.3.5 Canard—Forward Tail Surface

A canard is a tail surface located ahead of the wing. The canard surface has several
attractive features. The canard, if properly positioned, can be relatively free from
wing or propulsive flow interference. Canard control is more attractive for trim-
ming the large nose-down moment produced by high-lift devices. To counteract the
nose-down pitching moment, the canard must produce lift that will add to the lift
being produced by the wing. An aft tail must produce a down load to counteract the
pitching moment and thus reduce the airplane’s overall lift force. The major
disadvantage of the canard is that it produces a destabilizing contribution to the
aircraft’s static stability. However, this is not a severe limitation. By proper loca-
tion of the center of gravity, one can ensure the airplane is statically stable.

2.3.6 Fuselage Contribution
The primary function of the fuselage is to provide room for the flight crew and

payload such as passengers and cargo. The optimum shape for the internal volume
at minimum drag is a body for which the length is larger than the width or height.
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For most fuselage shapes used in airplane designs, the width and height are on the
same order of magnitude and for many designs a circular cross-section is used.

The aerodynamic characteristics of long, slender bodies were studied by Max
Munk [2.8] in the earlier 1920s. Munk was interested in the pitching moment
characteristics of airship hulls. In his analysis, he neglected viscosity and treated the
flow around the body as an ideal fluid. Using momentum and energy relationships,
he showed that the rate of change of the pitching moment with angle of attack (per
radian) for a body of revolution is proportional to the body volume and dynamic
pressure:

dM
— = fn(volume —pV2> (2.28)
da
Muithopp [2.9] extended this analysis to account for the induced flow along the
fuselage due to the wings for bodies of arbitrary cross-section. A summary of
Multhopp’s method for C,,, and C,, due to the fuselage is presented as follows:

C,, =22 k‘ff wHay, + i) d (2.29)
™ " 36.55¢ ) " T W '
which can be approximated as
k — kS
_ Kk 1
Cry, = 36557 - 2 wiay, + i) Ax (2.30)

where k, — k; = the correction factor for the body fineness ratio
S = the wing reference area

¢ = the wing mean aerodynamic chord

w, = the average width of the fuselage sections

a, = the wing zero-lift angle relative to the fuselage reference line

i, = the incidence of the fuselage camber line relative to the fuselage
reference line at the center of each fuselage increment. The
incidence angle is defined as negative for nose droop and aft
upsweep.

Ax = the length of the fuselage increments

Figure 2.11 illustrates how the fuselage can be divided into segments for the
calculation of C,, and also defines the body width w, for various body cross-
sectional shapes. The correction factor (k, — k) is given in Figure 2.12.

The local angle of attack along the fuselage is greatly affected by the flow field
created by the wing, as was illustrated in Figure 2.8. The portion of the fuselage
ahead of the wing is in the wing upwash; the aft portion is in the wing downwash
flow. The change in pitching moment with angle of attack is given by

1 ¥ , 0€ .
= — - 31
Cnoy = 36557 fo Wi aq 4 (deg™) (231)
which can be approximated by
=l

Teees 2 W

C"'"f 36.55¢ 5Sc x=0

(2.32)
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Fuselage is divided
into increments

\

[ ——IAxiL

[T

Fuselage
Fuselage /
Reference
Line ‘ i)
b - = [ SN G U - sy ] BN AN
iy (=)
ZFuselage camber line
FIGURE 2.11

Procedure for calculating C,, due to the fuselage.

1.0 FIGURE 2.12
0.9 -1 ky — ky versus l;/d.
ky-k; 0.8 .

0.7

]
0.6 — - :

0 10 20

lf/d max

where § = the wing reference area and ¢ = the wing mean aerodynamic chord.

The fuselage again can be divided into segments and the local angle of attack
of each section, which is composed of the geometric angle of attack of the section
plus the local induced angle due to the wing upwash or downwash for each segment,
can be estimated. The change in local flow angle with angle of attack, de,/d«,
varies along the fuselage and can be estimated from Figure 2.13. For locations
ahead of the wing, the upwash field creates large local angles of attack; therefore,
de,/da > 1. On the other hand, a station behind the wing is in the downwash
region of the wing vortex system and the local angle of attack is reduced. For the
region behind the wing, de,/d« is assumed to vary linearly from 0 to (1 — de/da)
at the tail. The region between the wing’s leading edge and trailing edge is assumed
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4 FIGURE 2.13
] Variation of local flow angle along the
ey vs % fuselage.
3 4 da
%y
da (b)
2 -
de
(a) Hu )
; / 3 O
1 : . :
0 1 2
X X
c c
Segment 1-4 Segment 6-11 FIGURE 2.14
Procedure for calculating
ﬁ is obtained from ﬂ = _)& [ _E] C,,,n due to the fuselage.
da I L o

« figure 2-13a
o
3

vy, (E 5
N

—ax Fx

Segment 5

Section between the wing
assumed to be uneffected
by the wing wake

—ai is obtained from
« figure 2-13b

to be unaffected by the wing’s flow field, de,/da = 0. Figure 2.14 is a sketch
showing the application of Equation (2.32).

2.3.7 Power Effects

The propulsion unit can have a significant effect on both the longitudinal trim and
static stability of the airplane. If the thrust line is offset from the center of gravity,
the propulsive force will create a pitching moment that must be counteracted by the
aerodynamic control surface.

The static stability of the airplane also is influenced by the propulsion system.
For a propeller driven airplane the propeller will develop a normal force in its plane
of rotation when the propeller is at an angle of attack. The propeller’s normal force
will create a pitching moment about the center of gravity, producing a propulsion
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contribution to C,, . Although one can derive a simple expression for C,,, due to the
propeller, the actual contribution of the propulsion system to the static stability is
much more difficult to estimate. This is due to the indirect effects that the propul-
sion system has on the airplanes characteristics. For example, the propeller slip-
stream can have an effect on the tail efficiency 1 and the downwash field. Because
of these complicated interactions the propulsive effects on airplane stability are
commonly estimated from powered wind-tunnel models.

A normal force will be created on the inlet of a jet engine when it is at an angle
of attack. As in the case of the propeller powered airplane, the normal force will
produce a contribution to C,, .

2.3.8 Stick Fixed Neutral Point

The total pitching moment for the airplane can now be obtained by summing the
wing, fuselage, and tail contributions:

Cp, = Cpy + Cpt (2.33)
where Coy=C,, +Cp +VuC, (89 + i, — i) (2.34)
n f 1
. d
c, =G, ("T - %) + G, — MVuC, (1 - i) (2.35)
@ o, C C "/ a, da

Notice that the expression for C,, depends upon the center of gravity position as
well as the aerodynamic characteristics of the airplane. The center of gravity of an
airplane varies during the course of its operation; therefore, it is important to know
if there are any limits to the center of gravity travel. To ensure that the airplane
possesses static longitudinal stability, we would like to know at what point
C,, = 0.Setting C,,_equal to 0 and solving for the center of gravity position yields

C C
Xnp Xac M, Lo, ds)
SNP o Tae + V= (1 — = 2.
¢ c G, K ", < da (2:36)

In obtaining equation 2.36, we have ignored the influence of center of gravity
movement on V. We call this location the stick fixed neutral point. If the airplane’s

Cm cg aft of Xeg > XNp FIGURE 2.15

neutral point The influence of center of gravity
() position on longitudinal static

cg at the neutral point stability.
Xcg = XNp
0

cg forward @

(-) of neutral point

Xcg < Xnp
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center of gravity ever reaches this point, the airplane will be neutrally stable.
Movement of the center of gravity beyond the neutral point causes the airplane to
be statically unstable. The influence of center of gravity position on static stability
is shown in Figure 2.15.

EXAMPLE PROBLEM 2.2. Given the general aviation airplane shown in Figure 2.16,
determine the contribution of the wing, tail, and fuselage to the C,, versus « curve. Also
determine the stick fixed neutral point. For this problem, assume standard sea-level
atmospheric conditions.

Solution. The lift curve slopes for the two-dimensional sections making up the wing
and tail must be corrected for a finite aspect ratio. This is accomplished using the

formula

G
C, = — "l
"1+ C,/@AR)

where C,_is given as per radian.
Substituting the two-dimensional lift curve slope and the appropriate aspect ratio

yields
C.
CL = —
>~ 1+ C,/@AR,)
_ (0.097/deg)(57.3 deg/rad)
1 + (0.097/deg)(57.3 deg/rad)/(w(6.06))
= 4.3 rad™!
Flight condition
W= 27501b
V = 176 ft/sec
Xoq = 0.295C

Wing airfoil characteristics Tail airfoil section

Cmac =-0.116 Cr= 0.01/deg
C; = 0.097/deg Cnh =00
ag, = -5° i =—1.0°
Xae = 0.25C
No Twist
iw=1.0°
Reference geometry
S = 184 ft? Sy = 43 ft?
b =33.4ft =161t

FIGURE 2.16
General aviation airplane.
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In a similar manner the lift curve slope for the tail can be found:

C,,, = 391 rad™'
The wing contribution to C,,, and C,, is found from Equations (2.8) and (2.9):
Cp =Cp +C (22 x‘“)
mg, T M, Lo, c c
xcg Xac
and C,. =GC. |l=——-—
» “\ ¢ c

The lift coefficient at zero angle of attack is obtained by multiplying the absolute value
of the zero lift angle of attack by the lift curve slope:

CL()W = CLC,W | ay |
(4.3 rad™")(5 deg)/(57.3 deg/rad)
= 0.375

Substituting the approximate information into the equations for Cr,, and G, yields

'xcg Xac
qm““m*“&?*?)

|

I

—0.116 + (0.375)(0.295 — 0.250)
—0.099

xcg Xac
=G\ 7T

= (4.3 rad™")(0.295 — 0.250)
= 0.1935 rad™!

t

For this particular airplane, the wing contribution to C,,, is destabilizing.
The tail contribution to the intercept and slope can be estimated from Equa-
tions (2.26) and (2.27):

Coy, = MVu CL,,,(SO iy —d)

d
Cp., = —anCLa(l - —€>
i t da

The tail volume ratio Vy is given by

_ LS,
Vi =z
16 f1)(43 ft?
or Vy = (16 f)¢ ) = 0.66

(184 (5T
The downwash term is estimated using the expression

20,
TAR
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where ¢ is the downwash angle in radians,
2CLw0
" @AR

2(0.375)
=2020) 04 rad = 2.3°
7(6.06) rad = 2.3

€o

and = = Tl

where C,__is in radians,

Substituting the preceding information into the formulas for the intercept and

slope yields
Cry, = MV Cp (80 + i, — i)

0.66)(3.91 rad™")[2.3° + 1.0° — (—1.0°)]/57.3 deg/rad

0.194

i

d
and C,., = —nVHCLa<1 - —8)
g d da

1l

—(0.66)(3.91 rad™)(1 — 0.45)
—1.42 rad™!

Il

In this example, the ratio 7 of tail to wing dynamic pressure was assumed to be unity.

The fuselage contribution to C,,, and C,,_ can be estimated from Equations (2.30)
and (2.32), respectively. To use these equations, we must divide the fuselage into
segments, as indicated in Figure 2.17. The summation in Equation (2.30) easily can be
estimated from the geometry and is found by summing the individual contributions as
illustrated by the table in Figure 2.17.

Ig

> wiay, + i) Ax = —1665

x=0

The body fineness ratio is estimated from the geometrical data given in Figure 2.16:

i
= 6.2
dmax

and the correction factor k, — k, is found from Figure 2.12, k, — k; = 0.86. Substitut-
ing these values into Equation (2.30) yields

Cpo, = —0.037

moy
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Station Ax ft w; ft ag,+ it wi? [a0w+ it] Ax
1 3.0 3.6 -5.0 -194
2 3.0 4.6 -5.0 -317
3 3.0 4.6 -5.0 -317
4 3.0 4.6 -5.0 -317
5 3.0 4.1 -5.0 -252
6 3.0 3.1 -5.0 -144
7 3.0 23 -5.0 -79
8 3.0 1.5 -5.0 -34
9 3.0 0.8 -56.0 -10

i = 0 at every station Sum = -1664

FIGURE 2.17
Sketch of segmented fuselage for calculating C,, for the example problem.

In a similar manner C,,, can be estimated. A table is included in Figure 2.17 that
shows the estimate of the summation. C,,, was estimated to be

C, =0.12rad™!

May
The individual contributions and the total pitching moment curve are shown in Fig-
ure 2.18.
The stick fixed neutral point can be estimated from Equation (2.36):

=

C C d
NP Xac Mar Lay £
e _ T MYy, - =
c ¢ c. M. (1 da)
? = 0.25 — (0.12/4.3) + 0.66(3.91/4.3)(1 — 0.45)
XNp

= 0.55

N



Station

8
9

c=65ft

FIGURE 2.17
Continued.

Ax ft

1.5

1.5

1.5

1.5

2.9

2.9

2.9

2.9

29

wi ft

3.0
3.4
3.8
4.2
3.8
3.1
2.3
1.5
0.8

h=13f
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5.25

45

3.7

1.5

1.45

4.35

7.25

10.15

13.05

¥ »

1.2

1.3

1.4

3.2

0.06

0.18

0.31

0.43

0.55

2 % Ax
16.2
225
30.3
84.7

25
5.0
4.8
2.8
1.0

Sum = 85.1
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0.2 _ FIGURE 2.18
Tail Component contributions to pitching
moment for example problem.
0.1 4
Airplane
Cmgy -0
-0.1 4
Fuselage
Wing
02 4111

0 2 4 6 8 10 12
a ~ deg

24
LONGITUDINAL CONTROL

Control of an airplane can be achieved by providing an incremental lift force on
one or more of the airplane’s lifting surfaces. The incremental lift force can be
produced by deflecting the entire lifting surface or by deflecting a flap incorporated
in the lifting surface. Because the control flaps or movable lifting surfaces are
located at some distance from the center of gravity, the incremental lift force
creates a moment about the airplane’s center of gravity. Figure 2.19 shows the
three primary aecrodynamic controls. Pitch control can be achieved by changing the
lift on either a forward or aft control surface. If a flap is used, the flapped portion
of the tail surface is called an elevator. Yaw control is achieved by deflecting a flap
on the vertical tail called the rudder, and roll control can be achieved by deflecting
small flaps located outboard toward the wing tips in a differential manner. These
flaps are called ailerons. A roll moment can also be produced by deflecting a wing
spoiler. As the name implies a spoiler disrupts the lift. This is accomplished by
deflecting a section of the upper wing surface so that the flow separates behind the

(+)

O
i/

FIGURE 2.19
Primary aerodynamic controls.
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spoiler, which causes a reduction in the lifting force. To achieve a roll moment, only
one spoiler need be deflected.

In this section we shall be concerned with longitudinal control. Control of the
pitch attitude of an airplane can be achieved by deflecting all or a portion of either
a forward or aft tail surface. Factors affecting the design of a control surface are
control effectiveness, hinge moments, and aerodynamic and mass balancing. Con-
trol effectiveness is a measure of how effective the control deflection is in producing
the desired control moment. As we shall show shortly, control effectiveness is a
function of the size of the flap and tail volume ratio. Hinge moments also are
important because they are the aerodynamic moments that must be overcome to
rotate the control surface. The hinge moment governs the magnitude of force
required of the pilot to move the control surface. Therefore, great care must be used
in designing a control surface so that the control forces are within acceptable limits
for the pilots. Finally, aerodynamic and mass balancing deal with techniques to
vary the hinge moments so that the control stick forces stay within an acceptable
range.

2.4.1 Elevator Effectiveness

We need some form of longitudinal control to fly at various trim conditions. As
shown earlier, the pitch attitude can be controlled by either an aft tail or forward
tail (canard). We shall examine how an elevator on an aft tail provides the required
control moments. Although we restrict our discussion to an elevator on an aft tail,
the same arguments could be made with regard to a canard surface. Figure 2.20
shows the influence of the elevator on the pitching moment curve. Notice that the
elevator does not change the slope of the pitching moment curves but only shifts
them so that different trim angles can be achieved.

When the elevator is deflected, it changes the lift and pitching moment of the
airplane. The change in lift for the airplane can be expressed as follows:

dc
AC, = C, 8  where C, = d_SL (2.37)
C = CLua + CL,S 8, (2.38)
Cn FIGURE 2.20
. The influence of the elevator on
Slopes remain
the same when the C,, versus a curve.
control surface
is deflected.

(+)

\ Coor a

7
3]
-)

5.=0
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On the other hand, the change in pitching moment acting on the airplane can be
written as
dC,
dé,
The stability derivative C,, is called the elevator control power. The larger the
value of C,,_, the more effective the control is in creating the control moment.
Adding AC,, to the pitching moment equation yields
C,=6C,+ C,a+ (20 (2.40)

AC, = C,, 8. where Cn, = (2.39)

The derivatives C;, and C,, can be related to the aerodynamic and geometric
characteristics of the horizonfal tail in the following manner. The change in lift of
the airplane due to deflecting the elevator is equal to the change in lift force acting
on the tail:

AL = AL, (241)
AC S AC, = S dCL'a 2.42
L=35m CL,—Endsee (2.42)

where dC, /d8, is the elevator effectiveness. The elevator effectiveness is propor-
tional to the size of the flap being used as an elevator and can be estimated from
the equation

dc,, _ dC,, da, _ 23
45,  da, 05, < ta” (2:43)

The parameter 7 can be determined from Figure 2.21.

C,. = S, 9 2.44
AT (2.44)
The increment in airplane pitching moment is
C.
AC, = =Vym AC, = —Vym dSI 0, (2.45)
087 FIGURE 2.21
0.6 Flap effectiveness parameter.
7 0.4 A
0.2 H
00T T 71T T

00 0.1 02 03 04 05 06 07

Control surface area/lifting surface area
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Cy

_VHn dae

or Cm:;, = ‘= —Vum CLGI'T (2.46)
The designer can control the magnitude of the elevator control effectiveness by
proper selection of the volume ratio and flap size.

2.4.2 Elevator Angle to Trim

Now let us consider the trim requirements. An airplane is said to be trimmed if the
forces and moments acting on the airplane are in equilibrium. Setting the pitching
moment equation equal to O (the definition of trim) we can solve for the elevator
angle required to trim the airplane:

C.=0=GC, +C,a+ C,,,s‘ d, (2.47)
or 5, = —Cmt Couin (2.48)
C"'ﬁ
The lift coefficient to trim is e
C... = CL0in + CLSL, Sccim (2.49)
‘We can use this equation to obtain the trim angle of attack:
CLm - CL5 Birim
Qirim = C.. : (2.50)

If we substitute this equation back into Equation (2.48) we get the following
equation for the elevator angle to trim:

Cp,C, + C Cu,.
Cn, C.. — C,.C,

The elevator angle to trim can also be obtained directly from the pitching moment
curves shown in Figure 2.20.

Ourim = (2.51)

EXAMPLE PROBLEM 23. The longitudinal control surface provides a moment that
can be used to balance or trim the airplane at different operating angles of attack or lift
coefficient. The size of the control surface depends on the magnitude of the pitching
moment that needs to be balanced by the control. In general, the largest trim moments
occur when an airplane is in the landing configuration (wing flaps and landing gear
deployed) and the center of gravity is at its forwardmost location. This can be explained
in the following manner. In the landing configuration we fly the airplane at a high angle
of attack or lift coefficient so that the airplane’s approach speed can be kept as low as
possible. Therefore the airplane must be trimmed at a high lift coefficient. Deployment
of the wing flaps and landing gear create a nose-down pitching moment increment that
must be added to the clean configuration pitching moment curve. The additional
nose-down or negative pitching moment increment due to the flaps and landing gear
shifts the pitching moment curve. As the center of gravity moves forward the slope of
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the pitching moment curve becomes more negative (the airplane is more stable). This
results in a large trim moment at high lift coefficients. The largest pitching moment that
must be balanced by the elevator therefore occurs when the flaps and gear are deployed
and the center of gravity is at its most forward position.

Assume that the pitching moment curve for the landing configuration for the air-
plane analyzed in Example Problem 2.2 at its forwardmost center of gravity position is
as follows:

Chn, = —0.20 — 0.035
where a is in degrees. Estimate the size of the elevator to trim the airplane at the landing
angle of attack of 10°. Assume that the elevator angle is constrained to +20° and —25°.

Solution. The increment in moment created by the control surface, AC,,,, is both a
function of the elevator control power, C,, , and the elevator deflection angle 6,.
AC,, = C,, &,

For a 10° approach angle of attack, the pitching moment acting on the airplane can be
estimated as follows:

AC,,, = —0.20 — 0.035 (10°) = —0.55

This moment must be balanced by an equal and opposite moment created by deflecting
the elevator. The change in moment coefficient created by the elevator was shown to be

AC,, = C,,, O,

where C,, is referred to as the elevator control power. The elevator control power is
a function of the horizontal tail volume ratio, V;;, and the flap effectiveness factor, 7:

C,

ms,

= =VynrC,,,

The horizontal tail volume ratio, Vj, is set by the static longitudinal stability require-
ments; therefore, the designer can change only the flap effectiveness parameter, 7, to
achieve the appropriate control effectiveness C,, . The flap effectiveness factor is a
function of the area of the control flap to the total area of the lift surface on which it
is attached. By proper selection of the elevator area the necessary control power can be
achieved.

For a positive moment, the control deflection angle must be negative; that is,
trailing edge of the elevator is up:

ACH) = c) 52—)

Mirin ms,
AC,, 0.55
= == ——— = —(.022/d
or Cs, 5, o5 /deg
Solving for the flap effectiveness parameter, 7,
= - Cmée
VHnCLa,

Using the values of Vy, 0, and C, from Example Problem 2.2 we can estimate 7:

_ (~0.022/deg)(57.3 deg/rad)
(0.66)(1.0)(3.9/rad)

= 049
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Knowing T we can use Figure 2.21 to estimate the area of the elevator to the area of the
horizontal tail:

S./S; = 0.30
The elevator area required to balance the largest trim moment is
S, = 0.30S,
0.3)(43 1)
13 ft?

Il

Se

This represents the minimum elevator area needed to balance the airplane. In practice
the designer probably would increase this area to provide a margin of safety.

This example also points out the importance of proper weight and balance for an
airplane. If the airplane is improperly loaded, so that the center of gravity moves
forward of the manufacturers specification, the pilot may be unable to trim the airplane
at the desired approach C;. The pilot would be forced to trim the airplane at a lower
lift coefficient, which means a higher landing speed.

2.4.3 Flight Measurement of Xyp

The equation developed for estimating the elevator angle to trim the airplane can
be used to determine the stick fixed neutral point from flight test data. Suppose we
conducted a flight test experiment in which we measured the elevator angle of trim
at various air speeds for different positions of the center of gravity. If we did this,
we could develop curves as shown in Figure 2.22.

Now, differentiating Equation (2.51) with respect to C, __ yields

i C,
d trim - _ a (252)
dCL Cm,s CLa - C’"u CL&
Note that when C,, = 0 (i.e., the center of gravity is at the neutral point)
Equation (2.53) equals 0. Therefore, if we measure the slopes of the curves in

trim

FIGURE 2.22
O VETSUS Cp

€irim

8Trim 0\0\0\

Xes _0.30
c

X, 9 -
%: 0.10 T 0.20




68 CHAPTER 2: Static Stability and Control

Neutral Point FIGURE 2.23
d‘sTrim =0
+) dc, 4\
daTrim
d Ltrim /’A
,/’ XCQ
) /, 5

Figure 2.22 and plot them as a function of center of gravity location, we can
estimate the stick fixed neutral point as illustrated in Figure 2.23 by extrapolating
to find the center of gravity position that makes d&,im/dCLm equal to 0.

2.4.4 Elevator Hinge Moment

It is important to know the moment acting at the hinge line of the elevator (or other
type of control surface). The hinge moment, of course, is the moment the pilot must
overcome by exerting a force on the control stick. Therefore to design the control
system properly we must know the hinge moment characteristics. The hinge mo-
ment is defined as shown in Figure 2.24. If we assume that the hinge moment can
be expressed as the addition of the effects of angle of attck, elevator deflection
angle, and tab angle taken separately, then we can express the hinge moment
coefficient in the following manner:

G, =6GC,+C o+ C,,8 + G35 (2.53)
where C, is the residual moment and
_dc, _d6, . _dg
G, = i G, = 3. S (2.54)

The hinge moment parameters just defined are very difficult to predict analytically
with great precision. Wind-tunnel tests usually are required to provide the control
system designer with the information needed to design the control system properly.

FIGURE 2.24

1
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When the elevator is set free, that is, the control stick is released, the stability
and control characteristics of the airplane are affected. For simplicity, we shall
assume that both §, and C,, are equal to 0. Then, for the case when the elevator is
allowed to be free,

C,=0= C,,u’a, + C,,st 6, (2.55)
Solving for 8, yields
G,
(8)rece = —Eh—“’a, (2.56)

Usually, the coefficients C, and C,, are negative. If this indeed is the case, then

Equatlon (2.56) tells us that the elevator will float upwards as the angle of attack
is increased. The lift coefficient for a tail with a free elevator is given by

C, = Co0+ C, 3, (2.57)
o
€= G = Gt (2.58)
which simplifies to
C., G
C, =G a,(l - Chs) ci e, (2.59)
where cL =C, <1 _ G C""’) =C, f (2.60)
« " W\" T ¢, G, o

The slope of the tail lift curve is modified by the term in the parentheses. The factor
£ can be greater or less than unity, depending on the sign of the hinge parameters
C,, and C,, . Now, if we were to develop the equations for the total pitching moment
for the free elevator case, we would obtain an equation similar to Equations (2.34)
and (2.35). The only difference would be that the term C, would be replaced by

C; L, . Substituting C; L, into Equations (2.34) and (2.35) y1elds

C""o = C"‘ow + Cmof + CLa nVH(SO + lw ‘:) (261)
2
C.. =C (’% - @) +cC, —C; nv,,<1 - —8) (2.62)
« w\ C C % @ Jda

where the prime indicates elevator-free values. To determine the influence of a free
elevator on the static longitudinal stability, we again examine the condition in
which C,, = 0. Setting C,,_equal to 0 in Equation (2.62) and solving for x/¢ yields
the stick-free neutral pomt

(2.63)
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The difference between the stick fixed neutral point and the stick-free neutral point
can be expressed as follows:

’ CL
e I _ (1 — W, “’(1 - d—e) (2.64)
c c CLaw da
The factor f determines whether the stick-free neutral point lies forward or aft of
the stick fixed neutral point.
Static margin is a term that appears frequently in the literature. The static
margin is simply the distance between the neutral point and the actual center of
gravity position

. . . Xnp xcg

Stick fixed static margin = z 7 (2.65)
- . . xl,\iP xcg

Stick-free static margin = - (2.66)

For most aircraft designs, it is desirable to have a stick fixed static margin of
approximately 5 percent of the mean chord. The stick fixed or stick-free static
neutral points represent an aft limit on the center of gravity travel for the airplane.

25
STICK FORCES

To deflect a control surface the pilot must move the control stick or rudder pedals.
The forces exerted by the pilot to move the control surface is called the stick force
or pedal force, depending which control is being used. The stick force is propor-
tional to the hinge moment acting on the control surface:

F = fn(H,) (2.67)

Figure 2.25 is a skeich of a simple mechanical system used for deflecting the
elevator. The work of displacing the control stick is equal to the work in moving the
control surface to the desired deflection angle. From Figure 2.25 we can write the
expression for the work performed at the stick and elevator:

Fl, 8, = H, 9, (2.68)

or F = % H 2.69
1o e (2.69)

or F = GH, (2.70)

where G = 8,/(l, 8,) called the gearing ratio, is a measure of the mechanical
advantage provided by the control system.

Substituting the expression for the hinge moment defined earlier into the stick
force equation yields

1
F = GG, 5pV’S, (2.71)
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FIGURE 2.25
Relationship between stick force and hinge moment.

From this expression we see that the magnitude of the stick force increases with the
size of the airplane and the square of the airplane’s speed. Similar expressions can
be obtained for the rudder pedal force and aileron stick force.

The control system is designed to convert the stick and pedal movements into
control surface deflections. Although this may seem to be a relativey easy task, it
in fact is quite complicated. The control system must be designed so that the control
forces are within acceptable limits. On the other hand, the control forces required
in normal maneuvers must not be too small; otherwise, it might be possible to
overstress the airplane. Proper control system design will provide stick force mag-
nitudes that give the pilot a feel for the commanded maneuver. The magnitude of
the stick force provides the pilot with an indication of the severity of the motion
that will result from the stick movement.

The convention for longitudinal control is that a pull force should always rotate
the nose upward, which causes the airplane to slow down. A push force will have
the opposite effect; that is, the nose will rotate downward and the airplane will
speed up. The control system designer must also be sure that the airplane does not
experience control reversals due to aerodynamic or aeroelastic phenomena.

2.5.1 Trim Tabs

In addition to making sure that the stick and rudder pedal forces required to
maneuver or trim the airplane are within acceptabe limits, it is important that some
means be provided to zero out the stick force at the trimmed flight speed. If such
a provision is not made, the pilot will become fatigued by trying to maintain the
necessary stick force. The stick force at trim can be made zero by incorporating a
tab on either the elevator or the rudder. The tab is a small flap located at the trailing
edge of the control surface. The trim tab can be used to zero out the hinge moment
and thereby eliminate the stick or pedal forces. Figure 2.26 illustrates the concept
of a trim tab. Although the trim tab has a great influence over the hinge moment,
it has only a slight effect on the lift produced by the control surface.
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FIGURE 2.26
Trim tabs.
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2.5.2 Stick Force Gradients

Another important parameter in the design of a control system is the stick force
gradient. Figure 2.27 shows the variation of the stick force with speed. The stick
force gradient is a measure of the change in stick force needed to change the speed
of the airplane. To provide the airplane with speed stability, the stick force gradient
must be negative; that is,

dF

— < .
av 0 (2.72)

Stick force
Stick gradient
force

ar
dv

Velocity
Trim \

FIGURE 2.27 )
Stick force versus velocity.
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The need for a negative stick-force gradient can be appreciated by examining the
trim point in Figure 2.27. If the airplane slows down, a positive stick force occurs
that rotates the nose of the airplane downward, which causes the airplane to
increase its speed back toward the trim velocity. If the airplane exceeds the trim
velocity, a negative (pull) stick force causes the airplane’s nose to pitch up, which
causes the airplane to slow down. The negative stick force gradient provides the
pilot and airplane with speed stability. The larger the gradient, the more resistant
the airplane will be to disturbances in the flight speed. If an airplane did not have
speed stability the pilot would have to continuously monitor and control the air-
plane’s speed. This would be highly undesirable from the pilot’s point of view.

2.6
DEFINITION OF DIRECTIONAL STABILITY

Directional, or weathercock, stability is concerned with the static stability of the
airplane about the z axis. Just as in the case of longitudinal static stability, it is
desirable that the airplane should tend to return to an equilibrium condition when
subjected to some form of yawing disturbance. Figure 2.28 shows the yawing

Airplane 1
{stable)

B()

Airplane 2
(unstable)

FIGURE 2.28
Static directional stability.
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moment coefficient versus sideslip angle 8 for two airplane configurations. To have
static directional stability, the airplane must develop a yawing moment that will
restore the airplane to its equilibrium state. Assume that both airplanes are dis-
turbed from their equilibrium condition, so that the airplanes are flying with a
positive sideslip angle 8. Airplane 1 will develop a restoring moment that will tend
to rotate the airplane back to its equilibrium condition; that is, a zero sideslip angle.
Airplane 2 will develop a yawing moment that will tend to increase the sideslip
angle. Examining these curves, we see that to have static directional stability the
slope of the yawing moment curve must be positive (C,,ﬂ > 0). Note that an airplane

possessing static directional stability will always point into the relative wind, hence
the name weathercock stability.

2.6.1 Contribution of Aircraft Components

The contribution of the wing to directional stability usually is quite small in
comparison to the fuselage, provided the angle of attack is not large. The fuselage
and engine nacelles, in general, create a destabilizing contribution to directional
stability. The wing fuselage contribution can be calculated from the following
empirical expression taken from [2.7]:

= —k, kg Sply (per deg) (2.73)

Cn By - SW b

where k, = an empirical wing-body interference factor that is a function of the
fuselage geometry
kg, = an empirical correction factor that is a function of the fuselage
Reynolds number
Sy = the projected side area of the fuselage
I, = the length of the fuselage

I

The empirical factors k, and kg, are determined from Figures 2.29 and 2.30
respectively.

Since the wing-fuselage contribution to directional stability is destabilizing, the
vertical tail must be properly sized to ensure that the airplane has directional
stability. The mechanism by which the vertical tail produces directional stability is
shown in Figure 2.31. If we consider the vertical tail surface in Figure 2.31, we see
that when the airplane is flying at a positive sideslip angle the vertical tail produces
a side force (lift force in the xy plane) that tends to rotate the airplane about its
center of gravity. The moment produced is a restoring moment. The side force
acting on the vertical tail can be expressed as

Y, = —CLuiav Qu Sv (274)

where the subscript v refers to properties of the vertical tail. The angle of attack a,
that the vertical tail plane will experience can be written as

a, =B +o (2.75)
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¢, = Body side area
J ws = Maximum bodywidth
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Wing body interference factor.
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FIGURE 2.31
Vertical tail contribution to
directional stability.

™

o -Sidewash
due to wing vortices

where o is the sidewash angle. The sidewash angle is analogous to the downwash
angle £ for the horizontal tail plane. The sidewash is caused by the flow field
distortion due to the wings and fuselage. The moment produced by the vertical tail
can be written as a function of the side force acting on it:

Nv = ln YL = ll? CLa (B + O-)Qx; S!: (276)
or in coefficient form
N, LS. Q.
-t - tTr =t + 2'7
= oo~ 5 o G B+ ) 277
= ‘/IJT’(; CLa,(B + 0’) (278)

where V, = [ S,/(Sb) is the vertical tail volume ratio and 0, = Q,/Q,, is the ratio
of the dynamic pressure at the vertical tail to the dynamic pressure at the wing.

The contribution of the vertical tail to directional stability now can be obtained
by taking the derivative of Equation (2.78) with respect to 3:

do
C"al = V.7, CLL.[<1 + @) (2.79)
A simple algebraic equation for estimating the combined sidewash and tail effici-
ency factor 7, is presented in [2.7] and reproduced here:

do S./S
11+ —=]=0724 +3.06 —————
7h< ) 0 06 1 + cos A

w
+04—=+0. , .
a8 0.4 4 0.009 AR, (2.80)
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where S = the wing area
S, = the vertical tail area, including the submerged area to the fuselage
centerline
the distance, parallel to the z axis, from wing root quarter chord
point to fuselage centerline
d = the maximum fuselage depth
AR, = the aspect ratio of the wing
A4 = sweep of wing quarter chord.

}

i

Zw

2.7
DIRECTIONAL CONTROL

Directional control is achieved by a control surface, called a rudder, located on the
vertical tail, as shown in Figure 2.32. The rudder is a hinged flap that forms the aft
portion of the vertical tail. By rotating the flap, the lift force (side force) on the fixed
vertical surface can be varied to create a yawing moment about the center of
gravity. The size of the rudder is determined by the directional control require-
ments. The rudder control power must be sufficient to accomplish the requirements
listed in Table 2.1.

The yawing moment produced by the rudder depends on the change in lift on
the vertical tail due to the deflection of the rudder times its distance from the center
of gravity. For a positive rudder deflection, a positive side force is created on the
vertical tail. A positive side force will produce a negative yawing moment:

N=-17, (2.81)
where the side force is given by
Yc = CLU Qv Sl:
Rewriting this equation in terms of a yawing moment coefficient yields
N Q. LS, dC,
== = 2.82
G Q. Sb Q. Sb ds, 7 ( )
Rudder
g& (=)
5, [ (+)
FIGURE 2.32

Directional control by means of the rudder.
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TABLE 2.1
Requirements for directional control

Rudder
requirements Implication for rudder design
Adverse yaw When an airplane is banked to execute a turning maneuver the ailerons

may create a yawing moment that opposes the turn (i.e., adverse yaw). The
rudder must be able to overcome the adverse yaw so that a coordinated
turn can be achieved. The critical condition for adverse yaw occurs when
the airplane is flying slow (i.e., high C;.)

Crosswind landings To maintain alignment with the runway during a crosswind landing
requires the pilot to fly the airplane at a sideslip angle. The rudder must be
powerful enough to permit the pilot to trim the airplane for the specified
crosswinds. For transport airplanes, landing may be carried out for
crosswinds up to 15.5 m/s or 51 ft/s.

Asymmetric power The critical asymmetric power condition occurs for a multiengine airplane

condition when one engine fails at low flight speeds. The rudder must be able to
overcome the yawing moment produced by the asymmetric thrust
arrangement.

Spin recovery The primary control for spin recovery in many airplanes is a powerful

rudder. The rudder must be powerful enough to oppose the spin rotation.

C VdCL"a 2.83
or n 7’0 0_557 r ( )

The rudder control effectiveness is the rate of change of yawing moment with
rudder deflection angle:

dc,
G =Gy = —nVigs™ 5 (2.84)
dac,,
or G, = —nV, d_5, (2.85)
dCL dC‘L da
where —t=—"—=C, T (2.86)

dé, da, do, #

and the factor 7 can be estimated from Figure 2.21.

2.8
ROLL STABILITY

An airplane possesses static roll stability if a restoring moment is developed when
it is disturbed from a wings-level attitude. The restoring rolling moment can be
shown to be a function of the sideslip angle B as illustrated in Figure 2.33. The
requirement for stability is that C,, < 0. The roll moment created on an airplane
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6’ Wings level
Roll upset
Airplane begins
to sideslip8 > 0

Roll moment created by sideslip rolls
airplane to larger roll angle

oo
Wings level
@/ Roll upset
% B>0

Roll moment created by sideslip rolls
airplane back toward wings level attitude

FIGURE 2.33
Static roll stability.

when it starts to sideslip depends on the wing dihedral, wing sweep, position of the
wing on the fuselage, and the vertical tail. Each of these contributions will be
discussed qualitatively in the following paragraphs.

The major contributor to C,B is the wing dihedral angle I. The dihedral angle
is defined as the spanwise inclination of the wing with respect to the horizontal. If
the wing tip is higher than the root section, then the dihedral angle is positive; if
the wing tip is lower than the root section, then the dihedral angle is negative. A
negative dihedral angle is commonly called anhedral.

When an airplane is disturbed from a wings-level attitude, it will begin to
sideslip as shown in Figure 2.34. Once the airplane starts to sideslip a component
of the relative wind is directed toward the side of the airplane. The leading wing
experiences an increased angle of attack and consequently an increase in lift. The
trailing wing experiences the opposite effect. The net result is a rolling moment that
tries to bring the wing back to a wings-level attitude. This restoring moment is often
referred to as the dihedral effect.

The additional lift created on the downward-moving wing is created by the
change in angle of attack produced by the sideslipping motion. If we resolve the
sideward velocity component into components along and normal to the wing span
the local change in angle of attack can be estimated as

Ao = 2 (2.87)
Uu

where v, = VsinT (2.88)
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Wing contribution
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FIGURE 2.34
Wing and fuselage contribution to the dihedral

By approximating the sideslip angle as

g==2 (2.89)
Uu

and assuming that I" is a small angle, the change of attack can be written as

Aa = BT (2.90)
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The angle of attack on the upward-moving wing will be decreased by the
same amount. Methods for estimating the wing contribution to Cl;a can again be
found in [2.7].

Wing sweep also contributes to the dihedral effect. In a sweptback wing, the
windward wing has an effective decrease in sweep angle and the trailing wing
experiences an effective increase in sweep angle. For a given angle of attack, a
decrease in sweepback angle will result in a higher lift coefficient. Therefore, the
windward wing (with a less effective sweep) will experience more lift than the
trailing wing. It can be concluded that sweepback adds to the dihedral effect. On
the other hand, sweep forward will decrease the effective dihedral effect.

The fuselage contribution to dihedral effect is illustrated in Figure 2.34. The
sideward flow turns in the vicinity of the fuselage and creates a local change in wing
angle of attack at the inboard wing stations. For a low wing position, the fuselage
contributes a negative dihedral effect; the high wing produces a positive dihedral
effect. To maintain the same C,, a low-wing aircraft will require a considerably
greater wing dihedral angle than a high-wing configuration.

The horizontal tail also can contribute to the dihedral effect in a manner similar
to the wing. However, owing to the size of the horizontal tail with respect to the
wing, its contribution is usually small. The contribution to dihedral effect from the
vertical tail is produced by the side force on the tail due to sideslip. The side force
on the vertical tail produces both a yawing moment and a rolling moment. The
rolling moment occurs because the center of pressure for the vertical tail is located
above the aircraft’s center of gravity. The rolling moment produced by the vertical
tail tends to bring the aircraft back to a wings-level attitude.

29
ROLL CONTROL

Roll control is achieved by the differential deflection of small flaps called ailerons
which are located outboard on the wings, or by the use of spoilers. Figure 2.35 is
a sketch showing both types of roll control devices. The basic principle behind these
devices is to modify the spanwise lift distribution so that a moment is created about
the x axis. An estimate of the roll control power for an aileron can be obtained by
a simple strip integration method as illustrated in Figure 2.36 and the equations
that follow. The incremental change in roll moment due to a change in aileron angle
can be expressed as

AL = (A Lift)y (2.91)

which can be written in coefficient form as

AL C,Qcy dy
LR} 2.92
AC, 0Sh OSb (2:92)
_Coydy (2.93)

Sb
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Roll moment FIGURE 2.35
Aileron and spoilers for roll
7, control.
/ Decreased lift
Aileron control
Increase lift \ &,
Roll moment
Decreased lift
SSpoiIer
Spoiler control
Spoiler neutral
position
FIGURE 2.36

Strip theory approximation
of roll control effectiveness.

The section lift coefficient C, on the stations containing the aileron can be written

as da

C=0C, @, 8, = C, 18, (2.94)
which is similar to the technique used to estimate the control effectiveness of
an elevator and rudder. Substituting Equation (2.93) into Equation (2.94) and
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integrating over the region containing the aileron yields

2CLa T 6(1 Y2
C, = wa—f cy dy (2.95)

Y1
where C; and 7 have been corrected for three-dimensional flow and the factor of

2 has been introduced to account for the other aileron. The control power C, 1;, can
be obtained by taking the derivative with respect to 4,:

2C,, 7

C, = cyd 2.96

s, Sb fy Yy dy ( )
1

EXAMPLE PROBLEM 24. For the NAVION airplane described in Appendix B, esti-

mate the roll control power, C,, . Assume that the wing and aileron geometry are as

shown in Figure 2.37.

Solution. Equation (2.96) can be used to estimate the roll control power, Cis,-

2CLawT 2
Co = | oydy

Sb
¥1
b/2=16.7f. A =054 ¢, =7.2ft
c,=39ft y,= 1111t v, = 16 ft.
S=184f2 C_ =444/rad. c/c=0.18ft
Aw
ct
cr
—t
Y4
Y2
b/2
FIGURE 2.37

Approximate wing geometry of the NAVION airplane.
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For a tapered wing the chord can be expressed as a function of y by the following

relationship:
N
c = C — 1y

Substituting the relationship for the chord back into the expression for C, yields

o o X C & - ).—1) q
WS TSy ) 52 I

¥

2C,,, 7C | y? A= 1l
of Cu, Sh [2 ( b/2 )3 )

This equation can be used to estimate C;, using the data in Figure 2.37 and estimating
7 from Figure 2.21. Because the chord ratio is the same as the area ratio used in
Figure 2.21, we can use ¢ /c = 0.18 to estimate the flap effectiveness parameter, 7.

2(4.3/rad)(0.36)(7.2 fo)
T (184 £2)(33.4 ft)

0.155/rad

(90.4 f* — 49 1)

The control derivative C, is a measure of the power of the aileron control; it represents
the change in moment per unit of aileron deflection. The larger C,, , the more effective
the control is at producing a roll moment.

2.10
SUMMARY

The requirements for static stability were developed for longitudinal, lateral direc-
tional, and rolling motions. It is easy to see why a pilot would require the airplane
that he or she is flying to possess some degree of static stability. Without static
stability the pilot would have to continuously control the airplane to maintain a
desired flight path, which would be quite fatiguing. The degree of static stability
desired by the pilot has been determined through flying quality studies and will be
discussed in a later chapter. The important point at this time is to recognize that the
airplane must be made statically stable, either through inherent aerodynamic char-
acteristics or by artificial means through the use of an automatic control system.

The inherent static stability tendencies of the airplane were shown to be a
function of its geometric and aerodynamic properties. The designer can control the
degree of longitudinal and lateral directional stability by proper sizing of the
horizontal and vertical tail surfaces, whereas roll stability was shown to be a
consequence of dihedral effect, which is controlled by the wing’s placement or
dihedral angle.

In addition to static stability, the pilot wants sufficient control to keep the
airplane in equilibrium (i.e., trim) and to maneuver. Aircraft response to control
input and control force requirements are important flying quality characteristics
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determined by the control surface size. The stick force and stick force gradient are
important parameters that influence how the pilot feels about the flying character-
istics of the airplane. Stick forces must provide the pilot a feel for the maneuver
initiated. In addition, we show that the stick force gradient provides the airplane
with speed stability. If the longitudinal stick force gradient is negative at the trim
flight speed, then the airplane will resist disturbances in speed and fly at a constant
speed.

Finally, the relationship between static stability and control was examined. An
airplane that is very stable statically will not be very maneuverable; if the airplane
has very little static stability, it will be very maneuverable. The degree of maneu-
verability or static stability is determined by the designer on the basis of the
airplane’s mission requirements.

PROBLEMS

2.1. If the slope of the C,, versus C, curve is —0.15 and the pitching moment at zero lift
is equal to 0.08, determine the trim lift coefficient. If the center of gravity of the
airplane is located at X,/ = 0.3, determine the stick fixed neutral point.

2.2. For the data shown in Figure P2.2, determine the following:
(@) The stick fixed neutral point.
(b) If we wish to fly the airplane at a velocity of 125 ft/s at sea level, what would be
the trim lift coefficient and what would be the elevator angle for trim?

0.15 - W = 2,750 Ib
S = 180 f12

0.10 - cg=0.25¢

0.05 -
Cre 0.0 2

. . R 0.8 . 8§ =-15°
e
-0.05 7 \\ §,=-10°
-0.10 8= &
5 =0°

-0.15 - 8,=5°

FIGURE P2.2

2.3. Analyze the canard-wing combination shown in Figure P2.3. The canard and wing
are geometrically similar and are made from the same airfoil section.

AR. = AR, S, =028, ¢. = 0.45¢c,

(@) Develop an expression for the moment coefficient about the center of gravity. You
may simplify the problem by neglecting the upwash (downwash) effects between
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the lifting surfaces and the drag contribution to the moment. Also assume small
angle approximations.
(b) Find the neutral point for this airplane.

FIGURE P2.3

2.4. The C,, versus, « curve for a large jet transport can be seen in Figure P2.4. Use the
figure and the following information to answer questions (a) to (c).

C, = 0.03 + 0.08« (deg.)
—15° =< §, = 20°
(a) Estimate the stick fixed neutral point.
(b) Estimate the control power Cons,-
(c) Find the forward center of gravity limit. Hint:
dC,., X  Xnp

dc, c c

0.5

0.4

0.3

DT P P STl e

-0.3

Ll

0.4

05 T4 L, T
0 2 4 6 8 10 12 14 16 18 20
a {deg)

FIGURE P24
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2.5. Using the data for the business jet aircraft included in Appendix B, determine the
following longitudinal stability information at subsonic speeds:
(a) Wing contribution to the pitching moment
(b) Tail contribution to the pitching moment
(¢) Fuselage contribution to the pitching moment
(d) Total pitching moment
(e) Plot the various contributions
(f) Estimate the stick fixed neutral point

2,6. An airplane has the following pitching moment characteristics at the center of gravity

position:
X /T =03
dc,
Cry = oy + —dE"‘L%cL + Cpy, &,
dC,,,
where C,, = 0.05 = —0.1 C,. = —0.01/deg
dc, s

9Cry _ [ﬁ] _ @]
ac, |z c

If the airplane is loaded so that the center of gravity position moves to x.,/¢ = 0.10,
can the airplane be trimmed during landing, C;, = 1.0? Assume that C,,, and C,,, are
unaffected by the center of gravity travel and that §, , = *+20°.
2.7. The pitching moment characteristics of a general aviation airplane with the landing
gear and flaps in their retracted position are given in Figure P2.7.

0.4

0.2
0.0
o
[5]
£
(8]
-0.2 —
| \‘\D\(L 58 o
0.4 \6\
b5 = 4°
Xog = 0-25¢ ) e
S = 150 fi2 c=5ft
-0.6 T . . .
0.0 0.4 0.8 1.2 1.6
CL
FIGURE P2.7

Pitching moment characteristics of a general aviation airplane.
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(a) Where is the stick fixed neutral point located?

(b) If the airplane weighs 2500 Ibs and is flying at 150 ft/s at sea level, p = 0.002378
slug/ft®, what is the elevator angle required for trim?

(c) Discuss what happens to the pitching moment curve when the landing gear is
deployed? How does the deflection of the high lift flaps affect the stability of the
airplane?

2.8. Estimate the fuselage and engine nacelle contribution to C,,, using the method dis-
cussed in section 2.3 for the STOL transport shown in Figure P2.8. The airplane has

Lo vl enyl 1 1 J

FIGURE P2.8
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been divided into 12 sections as indicated in Figure P2.8. The section length, width,
and distance from the wing leading or trailing edge to the midpoint of each section is
given in the table below. The engine nacelles have been approximated by one section
as indicated on the figure.

Fuselage

Station Axft  w;ft x ft
1 44 44 20.2
2 25 6.9 17.0
3 5.0 8.8 13.9
4 5.0 9.5 7.6
5 5.0 10.1 25
6 6.3 10.1 25
7 6.3 10.1 8.8
8 6.3 10.1 15.1
9 6.3 8.2 214
10 6.3 7.6 271
1t 5.0 5.1 334
12 5.0 25 39.7

Assume that ¢ = 12.6 ft (the fuselage region between the wing leading and trailing
edge), [, = 34 ft (the distance from the wing trailing edge to the quarter chord of the
horizontal tail), and de/da at the tail is 0.34.

The downwash angle at zero angle of attack and the rate of change of downwash with
angle of attack can be determined experimentally by several techniques. The down-
wash angle can be measured directly by using a five- or seven-hole pressure probe to
determine the flow direction at the position of the tail surface or indirectly from
pitching moment data measured from wind-tunnel models. This latter technique will
be demonstrated by way of this problem. Suppose that a wind-tunnel test were
conducted to measure the pitching moment as a function of the angle of attack for
various tail incidence settings as well as for the case when the tail surface is removed.
Figure P2.9 plots such information. Notice that the tail-off data intersect the

015 s Bodywing o
0.10 [
0'05 R Y R T,
me
0.00 i T R TN I = -3°
~. ip=-2°
—0.05 it .......... it—_1°
. “TBody:wing-tall | T~ =0
-0.10 : T + — T r T — it =1°
0 2 4 6 8 10
«,, ~ deg

FIGURE P2.9
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2.10.

2.11.

2.12.

complete configuration data at several points. At the points of intersection, the
contribution of the tail surface to the pitching moment curve must be 0. For this to be
the case, the lift on the tail surface is 0, which implies that the tail angle of attack is
0 at these points. From the definition of the tail angle of attack,

o=a, I, — &+
we obtain e=a, — I, ti

at the interception points. Using the data of Figure P2.9 determine the downwash
angle versus the angle of attack of the wing. From this information estimate g, and
de/da.

The airplane in Example Problem 2.2 has the following hinge moment characteristics:
C,... = 0.09/deg C,, = —0.003/deg Cy, = —0.005/deg Vy =04

Cp,, = 0.08/deg G, = 0.0 S./S, = 0.35 defda = 0.4

o

What would be the stick-free neutral point location?

As an airplane nears the ground its aerodynamic characteristics are changed by the
presence of the ground plane. This change is called ground effect. A simple model for
determining the influence of the ground on the lift drag and pitching moment can be
obtained by representing the airplane by a horseshoe vortex system with an image as
shown in Figure P2.11. Using this sketch, shown qualitatively, explain the changes
that one might expect; that is, whether the forces and moment increase or decrease.

Bound Traii
vortex railing
/vortices
/r/\{ //
/// /g
z yal //
2 AY
/// ////
)
P 7
= _C; ______ _<:__
. Image
h = Height above } b \\ vortex sg/stem
the ground
b = Span of

bound vortex
FIGURE P2.11

If the control characteristics of the elevator used in Example Problem 2.2 are as
follows, determine the forwardmost limit on the center of gravity travel so that the
airplane can be controlled during landing; that is, at C;_ . Neglect ground effects on
the airplane’s aerodynamic characteristics:

Cpns, = —1.03/rad 6, = {_
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2.13. Size the vertical tail for the airplane configuration shown in Figure P2.13 so that its
weathercock stability has a value of C,, = +0.1 rad™". Clearly state your assump-
tions. Assume V = 150 m/s at sea level.

S$=213m?2 b=10.4m 2, =04 m d=16m

L=137m X, =8.0m w;=16m st= 15.4 m2

h=16m  h=16m h,=1.07m

]

w

-

FIGURE P2.13

2.14. Figure P2.14 is a sketch of a wing planform for a business aviation airplane.
(a) Use strip theory to determine the roll control power.
() Comment on the accuracy of the strip theory integration technique.

275 m

¢/c =0.25 L

3.4m !

48m |

52m

FIGURE P2.14
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2.15. Suppose the wing planform in Problem 2.14 is incorporated into a low-wing aircraft
design. Find the wing dihedral angle necessary to produce a dihedral effect of
C,= -01 rad™!. Neglect the fuselage interference on the wing dihedral contri-
bution.

2.16. For the twin engine airplane shown in Figure P2.16, determine the rudder size to
control the airplane if one engine needs to be shut down. Use the flight information
shown in the figure and

Wing: S = 980 ft? b=93ft

Vertical tail: S, =330f AR, =43 ,=37ft =m, =10
Rudder: 8= *15°

Propulsion: T = 14,000 b each yr = 16 ft

Flight condition: V = 250 fi/s p = 0.002378 slug/ft’

e

FIGURE P2.16

2.17. The elevator for a business jet aircraft is shown in Figure P2.17. Estimate the eleva-
tor’s control power C,,, using the geometric information that follows:

S =1232f2 AR = 4.0

c=70ft I, =216 ft
b= 147ft  C, = 0.1/deg(2D)
S, = 54 f¢*
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I § Aircraft
|

0.18——
(0.58)

0.25 (0.75) 224
(7.35)

FIGURE P2.17

2.18. Develop an expression for the wing dihedral effect C,, for a wing planform that uses
dihedral only for the outboard portion of the wing (see Figure P2.18). Clearly state
all of your assumptions.

Y4 1

o2 .

FIGURE P2.18

2.19. The trailing vortex wake left behind by an airplane can be a safety hazard to following
aircraft as illustrated in Figure P2.19. The most likely place to encounter the wake of
another aircraft is in the vicinity of the airport during takeoff or landing. To minimize
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Upwash

/
<
Imposed
roll

Downwash

e
<

Loss of altitude
rate of climb

~
>y

Structural
load factors

FIGURE P2.19

the possibility of a wake encounter the FAA has developed a separation criteria
between aircraft of different sizes. If an elliptic wing loading is assumed, the strength
of the trailing wake can be shown to be related to the size and speed of the generating

aircraft.
L=W=pVIdb

where L = lift

W = weight

p = air density

V = velocity of the airplane

I' = vortex strength

b' = effective span of vortices.

The effective span of the wing tip vortices for an elliptic load distribution can be
shown to be

ko
b ==b
4

where b is the wingspan of the generating aircraft. Solving for the circulation (i.e.,
vortex strength) yields
4
pVb'
The tangential velocity field at some point downstream created by one of the vortices
is given by
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From the simple analysis presented here it is clear that the vortex strength is
proportional to the weight of the generating aircraft and inversely proportional to its
speed. Therefore large heavy transports flying at approach or takeoff speeds will
create the strongest wakes and the greatest hazard to following aircraft.

Wake vortices decay slowly in calm atmospheric conditions. Because the wake
vortices decay very slowly in a calm atmosphere we will neglect vortex decay in this
problem. Develop an expression for estimating the roll moment induced on an air-
plane wing when the wing is centered in the vortex core of another aircraft’s trailing
vortex wake.

Using the expression developed in Problem 2.19, estimate the roll moment induced by
the wake of a large jet transport on several smaller aircraft. Use the data in Appen-
dix B. Use the information for the 747 for the generating aircraft and evaluate the roll
moment induced on the Convair 880, STOL transport, business jet, and the NAVION.
Compare the induced roll moment to the maximum roll moment that could be
developed by full aileron deflection. Assume the aileron maximum deflection is =25°
for each aircraft.
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